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Accurate Numerical Solutions for Transonic Viscous Flow
over Finite Wings

v V. N. Vatsa* ‘
NASA Langley Research Center, Hampton, Virginia

An explicit multistage Runge-Kutta type of time-stepping scheme is used to solve the three-dimensional, com-
pressible, thin-layer Navier-Stokes equations. A finite-volume formulation is employed to facilitate treatment of
complex grid topologiés encountered in three-dimensional calculations. Convergence to steady state is éxpédlted
through the use of acceleration techniques. Further numerical efflclency is achieved through vectorization of the
computer code. The accuracy of the overall scheme is evaluated by comparing the computed solutions with the
expenmental data for a finite wing under different test conditions in the transonic regime. A grid refinement
study is conducted to estimate the grid requirements for adequate resolution of salient features of such flows.

Introduction

HE availability of .a new generation of supercomputers
has opened up the possibility of computing transonic
viscous flows over realistic aircraft components. In the present
effort, a multistage Runge-Kutta type of time-stepping scheme
developed by Jameson et al.! is employed. This method has
been shown to produce accurate solutions of the Euler equa-
tions in both-two- and three-dimensional flows.2-> Recently,
this -scheme has been employed for computing two-dimen-
sional viscous flows by Swanson and Turkel® and for comput-
ing three-dimensional viscous flows by Agarwal and Deese:’
Aside from the fact. that this numerical scheme has been
demonstrated for a wide range of flow problems, it also has
the following advantages. Because it is a finite-volume
scheme, it is flexible in treating arbitrary geometries for a wide
range of grid topologies. Also, it is found to be numerically ef-
ficient for obtaining steady-state solutions through the use of
acceleration techniques such as local time stepping, enthalpy
damping, and implicit residual averaging. Another highly
desirable property is the decoupling of spatial and temporal
- differencing that renders the steady-state solutions indepen-
dent of the Courant number. Finally, this scheme is highly
vectorizable on vector processors such as the Cray XMP and
VPS-32, théreby making it very efficient from a computa-

tional pornt of view.

The main objective of the present work is to obtain accurate
solutions for turbulent viscous flows over finite wings at high
Reynolds number (Re) in the transonic flow regime. This is
somewhat in contrast with the earlier works of Refs. 7 and 8,
where the intent was to demonstrate the applicability of
Jameson’s scheme to three-dimensional viscous flows. There-

fore, rather coarse grids were employed. In the present work,"

we assess the effects of grid refinement on the overall flow
structure and establish guidelines regarding the minimum grid
requirements for computing such flow problems.

Governing Equations

The basic equations under consideration here are the
unsteady Navier-Stokes equations. These are specialized to a
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body-fitted coordinate system (£,7,{), where the 7-coordinate
lines are nearly orthogonal to the body surface. Since the
dominant viscous effects at high Reynolds number turbulent
flow arise from viscous diffusion normal to the body sur-
face, a thin-layer assumption is employed, where only the
viscous diffusion terms normal to the body surface are re-
tained. The governing equations for a coordinate system
fixed in time can then be written in the conservation law
form as®10
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The contravariant velocity components used in Egs. (3a-3d)
are defined as

d=fu+Ev+iw
D=nu+n,0+n,w
W=ru+ Ut W @
The transformation metrics are defined as
Ex=J (V2= :2y) §y =J (X2 —xe2,)
Ne=J(Ve2e —VeZp) §.=J (e —xy,)
Ge=J(1:2,—¥,%) N, =J (X —X:V¢)
£, = J (X2 ~X,2;) Se=J(xy, —x,¥;)
Ny =J(XeZ¢ —X;2) ®)
“where J is the Jacobian of transformation given by
TV =x, (02— Y%y ) = Ve (X,20—X2,) + 2 (X, Y — ¥, %) (6)

In the preceding set of equations, distances have been non-
dimensionalized by a reference length L, usually taken to be
the semispan of the wing; density, pressure, and viscosity by
their respective freestream values; and velocities by a
reference velocity u,¢=a,/Vy, where a, is the freestream
speed of sound; and enthalpy by #2,. For an ideal gas, the
enthalpy is then given by the relation

w2+ v +w?
pH:(yL)p’Lp( 2 ) M

In the governing equations presented here, the effect of tur-
bulence is accounted for through the concepts of an eddy
viscosity and eddy conductivity. In the momentum equa-
tions, the molecular viscosity u is replaced by effective
viscosity p,,

pe=ptu,=p(l+p,/p)=pé (8a)
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where
é=1+p,/p (8b)
Here u, is the effective viscosity and u, the turbulent viscos-

ity. Similarly, in the energy equation, the molecular conduc-
tivity & is replaced by the effective conductivity &,,
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where ¢ is the laminar Prandtl number and o, the turbulent
Prandtl number. In the present work, we have used the
algebraic turbulence model of Baldwin and Lomax® to
evaluate the turbulence quantities. Note that wake tur-
bulence modeling is included in this formulation of the tur-
bulence model.®

Finite-Volume Formulation

The governing equations, while written in generalized cur-
vilinear coordinates, are used here in a finite-volume for-
mulation. In a recent paper, Thompkins!' has shown that
the finite-difference solution to the fluid -dynamic equationsin
strong conservation form in a transformed space is
equivalent to the solution of a flux-summation algorithm in
physical space or the finite-volume algorithm, subjected to
proper interpretation of the metric derivatives. Traditionally,
the metric derivatives in a finite-difference formulation are
evaluated using central difference formulas. In the present
scheme, however, the ratio of the metric derivatives to the
Jacobian is taken to be the appropriate projected area of cell
faces and the reciprocal of the Jacobians is taken to be the
cell volumes. For example, £,/J is computed as the area of a
cell-face at fixed £ location projected onto the x axis and so
on. Such an approach then honors the geometric conserva-
tion law and makes the numerical scheme compatible with
the finite-volume formulation. One can then write the gover-
ning equations in the semidiscrete form as

d - . N . ,
E;(U) + (Fi+ ‘/z,j,k_F'-‘/z,j,k) + (Gi,j+ ‘/z,k_Gi,j— ‘/z,k)
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Let us now describe the manner in which the viscous fluxes
are evaluated. Notice that a typical viscous flux term is of the
form I C"(af"/dy), where C" consists of a grouping of
flow variable and metric derivatives and a/*/dy represents
first difference of a flow variable. The total viscous flux con-
tains n terms and hence, the summation. We can discretize
the viscous fluxes in the following manner

u+‘/z Eclj+%kmj+lk fnjk)

ik EC,, vk Pl =S 1i0) 12)
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where '

Clivir=Y2(Clix +Cliwr i) (13)

Let us write the flux terms in operator notation

i -1 | = 14
3 O+ 0 (14)

where Q contains all the convective and viscous fluxes.

In order to suppress any odd-even point decoupling in the
numerical solution and to prevent the appearance of oscilla-
tions in the vicinity of shock waves and stagnation points,
artificial dissipation terms are added to the finite-volume
scheme. Equation (14) is thus replaced by

-j—t(J‘IU)+Q(U)—D(U)=0 15

where D(U) represents the added dissipative terms. We use
the form of artificial dissipation devised by Jameson et al.,!
where a blend of second and fourth differences with coeffi-
cients depending on the local pressure gradients are
employed. Details of constructing the dissipative terms are
readily available!:%7 and are therefore not presented here.

Time-Stepping Scheme
A multistage Runge-Kutta scheme is employed to advance
solution of Eq. (15) in time. To advance the solution from
time level n to n+ 1 using four stages, the scheme takes the
following form:

UO =

U = yo —% R(U®)
U® = yo —% R(UWM)
U® = yo —-Az_’ R.(U‘”)

Ut+D = UO — AiR (UD) 16)

where
R(U@D)Y=J[Q(UD)-DUD)] amn

The scheme of Eq. (16) is a modified form of the classical
Runge-Kutta scheme and is very attractive for three-
dimensional problems, since it requires only two time levels
of the solution vector in memory. Jameson and Baker* have
indicated that this modified scheme is fourth-order accurate
in time for linear problems; whereas, Swanson and Turkel®
have pointed out that it is second-order accurate in time for
nonlinear problems. Since our primary objective here is to
obtain steady-state solutions in the most efficient manner,
second-order accuracy in time is considered adequate. The
Runge-Kutta time marching scheme described here is shown
to be more efficient than an unsplit MacCormack scheme.?
In addition, due to the decoupling of spatial and temporal
discretizations, the steady-state solution is independent of
the time step. This scheme is therefore amenable to accelera-
tion techniques to enhance convergence to steady-state
solution.

Acceleration Techniques

The modified Runge-Kutta scheme described here has a
CFL (Courant-Friedricks-Lewy) number limit of 2v2 for
purely hyperbolic' one-dimensional problems. For three-
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dimensional viscous flow problems, the: CFL number is
somewhat lower due to the presence of large cell aspect
ratios and viscous dissipation. Three techniques (namely,
local time stepping, enthalpy damping, -and residual
smoothing) are employed here to enhance the convergence to
a steady-state solution. Local time stepping is implemented
by using the maximum local time step Af, based on the
stability limit, in every cell to advance the solution in time.
This results in the use of much larger values of A¢ than per-
mitted by the global minimum value of A#. This allows faster
signal propagation and, hence, faster convergence. The sec-
ond technique for improving steady-state convergence,
known as enthalpy damping, was introduced by Jameson et
al.! for the Euler equations. Basically, artificial damping
terms proportional to the deviation of the toal enthalpy from
its steady-state freestream value are added to the governing
equations. This provides additional damping, especially
through the initial transients, and improves the overall con-
vergence to the steady-state solution. It was pointed out by
Swanson and Turkel® that enthalpy damping can be used for
adiabatic turbulent viscous flows with unit Prandtl number,
without compromising the accuracy of the solutions. Note
that enthalpy damping can be used as a preconditioner in the
transient stage and, thus, problems with heat transfer can
also be solved. .

The final technique for improving convergence is based on
a residual smoothing technique devised by Lerat!? for the
Lax-Wendroff scheme and by Jameson'’ for the Runge-
Kutta scheme. As suggested by Jameson and Baker,* the
residual smoothing for three-dimensional flows is applied to
the residual in the product form

(1—6562)(1—ené,z])(l—efég.)Ri,j,k=Ri,j,k (18)

where R; ;. represents the original residuals from the explicit
scheme and R, represents the residuals after a sequence of
smoothings in the three coordinate directions is applied. In
Eq. (18), €;,¢,,¢, are the smoothing parameters in the &,9,{
directions, respectively, and 6 is the  central difference
operator. Due to the factored form of Eq. (18), it is
necessary only to solve a sequence of tridiagonal equations
for separate scaler variables. Based on linear stability
analysis, Jameson and Baker* concluded that the Runge-
Kutta scheme with residual smoothing is unconditionally
stable if the smoothing parameter is chosen to be sufficiently
large. In practice, however, very large values of the CFL
number do not necessarily result in the fastest convergence to
the steady-state solution. Swanson and Turkel® came to a
similar conclusion based on analysis of residual smoothing in
conjunction with a two-stage Runge-Kutta scheme. Thus, the

- optimum value of CFL number and the smoothing

parameters must be determined. The mesh stretching in each
coordinate direction is an important factor in this process.
Generally speaking, the higher the mesh stretching rate along
a coordinate direction, the larger the value of e required in
that direction for residual smoothing to perform well. We
have conducted numerical experiments to determine the
value of these parameters for solving high Reynolds number,
turbulent, viscous flow over an isolated wing at several test
conditions. Based on this exercise, the following combina-
tion of parameters was found to work quite well: CFL
number=4.5, ¢, =0.4, ¢,=0.8, and ¢,=0.4. We would like
to point out that this is not necessarily an optimum choice;
however, it may provide a good starting point for high
Reynolds number, transonic, turbulent, viscous flow prob-
lems. )

Boundary Conditions
A typical domain for the three-dimensional viscous flow
problem consists of several different types of boundaries re-
quiring appropriate boundary condition treatments. For a
symmetric isolated wing problem investigated here, the
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Fig. 1 Partial view of C-O
grid for ONERA M6 wing
calculation.

following boundaries must be considered: a solid wall at the
body surface, the far field away from the body surface, the
downstream plane in the wake region, and the symmetry
plane at the root section. At the body surface, no-slip and
zero-injection conditions are imposed by setting u=v=w=0.
For temperature, an adiabatic condition is employed and
normal pressure gradient at the body surface is set equal to
zero. The treatment of the far-field boundary condition is
based on the Riemann invariants for one-dimensional flow
normal to the far-field boundary as discussed in detail by
Jameson and Baker* and Thomas and Salas.!* At the
downstream plane in the wake region, a zero-order ex-
trapolation is used for all the variables. Symmetry conditions
are used at the root section plane on all the variables except
for the cross flow velocity component w, which is taken to
be antisymmetric.

Grid Generation and Topology

The grid topology for a given problem should be selected
carefully based on its ability to model the physical configura-
tion accurately and use the mesh points efficiently.
Eriksson!® has compared relative efficiencies of different
mesh topologies for resolving inviscid (Euler) flow over finite
wings and concluded that the O-O topology gives the best
resolution on the wing surface for a given number of mesh
points. For viscous flow problems, it is preferable to use C-
grids along chordwise sections for accurate resolution of the
wake flow developing downstream of the trailing edge. For
the spanwise direction, O-type meshes are considered here
giving rise to a C-O topology. The C-O grids employed in
the present calculations were generated by using a transfinite
interpolation technique similar to the one developed by
Eriksson.!S This is a very powerful technique, since it can be
used for controlling both the normal spacing and the direc-
tion of the coordinate lines leaving the boundary surface
through careful choice of blending functions. Thus, we are
able to generate boundary-fitted meshes where one set of
coordinate lines is nearly orthogonal to the surface and has
adequate spacing in the viscous layer to accurately resolve
the high Reynolds number turbulent flow. A typical mesh
generated using this procedure is shown in Fig. 1, where grid
clustering in leading- and trailing-edge regions and in the
viscous region near the wing surface is clearly visible.

Results and Discussion

The main emphasis in this paper is on obtaining accurate
solutions for an isolated wing. The M6 ONERA wing for
which extensive pressure data!® are available over a wide
range of Mach numbers (M, ) and angles of attack () is
selected to be the basic test configuration. A mesh refine-
ment study is conducted for both the subcritical and super-
critical cases to provide estimates of grid requirement for
accurate resolution of such flows. In order to ascertain con-
vergence, all calculations were run until at least four orders
of magnitude reductions were observed in the residuals
which took between 1000-3000 time cycles for the cases in-
vestigated here. Results for three test conditions are pre-
sented here: 1) subcritical case (M, =0.699, a=3.06 deg);
2) supercritical case at low angle of attack (M, =0.84,
a=3.06 deg); and 3) supercritical case at high angle of at-
tack (M., =0.84, = 6.06 deg). The Reynolds number based
on freestream conditions and the mean aerodynamic chord is
11.7 x 10°. Since there is no available information on wind-
tunnel interference effects, the present calculations are run at
the geometric angle of attack stated in Ref. 16. All the
calculations presented here were run by assuming the flow to
be fully turbulent on the entire wing.

Subcritical Case

The first set of results presented here corresponds to the
subcritical flow conditions at M, =0.699 and «=3.06 deg.
The initial calculations were performed on a C-O grid of
97x49x 17 (streamwise, normal, and spanwise directions)
node points. A partial view of this mesh in the near field is
shown in Fig. 1, where every other point is plotted in the
normal direction for clarity. In this figure, one can see the
grid distribution on the wing surface, root section, and a
downstream plane in the wake region. Grid clustering in the
wing leading- and trailing-edge regions and in the thin
viscous layer adjacent to the wing surface is clearly visible.
Note that this is only a partial view of the near-field
grid—the actual far-field boundaries are placed at a distance
of approximately 15 root chords away from the wing. The
computed pressure distributions on this mesh are compared -
with the experimental data in Fig. 2 at three spanwise loca-
tions, ¢{=0.44, 0.65, and 0.90 where { is the spanwise
distance normalized with semispan. Although the computed
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Fig. 2 Effect of streamwise grid refinement (M, =0.699, o=3.06
deg).

solutions display the overall characteristics observed ex-
perimentally, the quantitative agreement with data in the
leading-edge region on the upper surface where very sharp
suction peaks exist is poor. The calculations were then
repeated on a mesh with 193 x 49 x 17 grid points, which has
twice as many points in the streamwise direction as the first
mesh. These results are also shown in Fig. 2 and compare
quite well with the data even at the outboard stations of the
wing. No further grid refinement was deemed warranted in
light of these comparisons for this case. It should also be
mentioned that the effects of grid refinement in the normal
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direction are not presented here, but that such an exercise
was conducted in the earlier phases of this work. Based on
that experience, the normal mesh distribution was selected
such that further grid refinement had very mlmmal effect on

the pressure distribution.

Supercritical Case: Attached Flow

For the next test case, we have selected the supercritical
flow at M, =0.84 and o =3.06 deg, which is one of the most
standard test cases investigated by earlier researchers. Most
of the work presented earlier for this test case is based on in-
viscid equations. A systematic grid refinement study is con-
ducted to provide quantitative estimates of the effect of
streamwise and spanwise spacing on the computed solutions.

The first set of calculations for this case was performed on
a 97x49x 17 grid and the computed pressure distributions
are compared with the experimental data at three spanwise
locations in Fig. 3a. From these results, it appears that the
streamwise resolution is inadequate to accurately resolve the
sharp suction peaks in the leading-edge region. Also, the
predicted shocks appear very smeared when compared to the.
data. To assess the effect of streamwise resolution, the next
set of calculations was performed on a 193 x49x 17 mesh,
the solutions of which are also plotted in Fig. 3a. A signifi-
cant improvement is observed in the predicted pressure
distributions in the leading-edge region. However, the shock
definition from the computed results is still not satisfactory.
Recall that the agreement of computed results with ex-
perimental data for the subcritical case on the same mesh
was excellent. This is attributed to the existence of a A shock
on the wing surface under supercritical conditions, which is
formed when the double shock on the inboard stations
merges into a single (much stronger) shock toward the out-
board stations on the wing. Thus, much stronger gradients
are present in the spanwise direction under supercritical con- -
ditions. To resolve such spanwise variations, the number of
mesh points was doubled in the spanwise direction and the
final solutions for this case were thus run on a 193 x 49 x 33
grid. These solutions are presented in Fig. 3b along with
solutions obtained on a 193 x 49.x 17 grid and compare quite
well with the experimental data. The computed: shocks with
finer spanwise mesh are fairly sharp and their locations are .
well predicted. It is clear from these comparisons that ade-
quate spanwise resolution is just as important as the stream-
wise resolution for accurate prediction of supercritical flows.

Supercritical Case with .Separated Flow

The final test case selected for presentation here cor-
responds to M, =0.84 and a=6.06 deg. This test case has
been selected to assess the accuracy of thin-layer Navier-
Stokes (TLNS) solutions under more severe flow conditions.
Much stronger shocks develop under these test conditions on
the upper surface of the wing, resulting in significant flow
separation. A mesh consisting of 193 x65x33 points is
employed for the viscous flow calculations. Based on the
mesh refinement study described above, this mesh should
provide adequate resolution of important features of the
flow. The number of mesh points in the normal direction has
been increased (compared to the attached flow cases) to
resolve the thicker boundary layer developing in the
separated flow regions. A total of 3000 iterations (time
cycles) was run for this case and the convergence hlstory is
shown in Fig. 4. ‘

In Fig. 4, the solid line represents the log of residual for
continuity equation normalized by its starting value; the
dashed line represents the number of supersonic points nor-
malized by its final value. Note from this figure that the
number of supersonic points converged approximately in
1800 cycles and that the residual converged to better than
four orders in 3000 iterations. This is considered to be very
encouraging in view of the extremely fine mesh (Ay,;, =107°
chords with a total of 413,985 grid points) employed in these
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Fig. 3a Effect of streamwise grid refinement (M, =0.84, «=3.06
deg).

calculations. Although we have not shown the convergence
histories of the cases studied in the previous sections, it is
worth mentioning that similar levels of convergence were ob-
tained in about half as many iterations or less, depending on
the number of mesh points. Obviously, the coarser the mesh,
the less iterations it takes to reach the steady-state solution.
The present vectorized version of the code takes approx-
imately 1.6x10~° CPU s/grid point/iteration on NASA
Langley’s VPS-32 computer system. Thus, most of the cases
presented here converged in less than two hours of computer
time.
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O® EXPERMENT
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Fig. 3b Effect of spanwise grid refinement (M, =0.84, a=3.06
deg).

To get a visual picture of the flowfield on the upper sur-
face of the wing, particle traces confined to remain on the

~ wing surface are computed and shown in Fig. 5. The separa-

tion and attachment lines have also been marked. It is
observed from this figure that a significant reverse flow
region exists on the outboard section of the wing. The flow
separates due to strong adverse pressure gradients across
strong shocks and then reattaches downstream due to a
decrease in the magnitude of adverse pressure gradient. A
very small region of trailing-edge separation is also visible in
this figure.
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Fig. 4 Convergence history for separated flow case (M, =0.84,
a=6.06 deg).
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Fig. 5 Surface streamline
M, =0.84, «=6.06 deg).

Let us now look at the computed pressure distributions.
To assess the viscous effects, inviscid (Euler) solutions were
obtained on a 193 x 33 x 33 mesh, keeping the surface mesh
distribution identical to the one used for viscous TLNS
calculations. The computed results are shown in Fig. 6 at
£=0.44, 0.65, and 0.90. It is observed from this figure that
the inviscid solutions on the upper surface are in significant
error all the way from the inboard to outboard stations. The
shock position predicted by the inviscid solutions is up to
20% chord downstream of the experimentally observed loca-
tion. There is also a considerable overshoot in the pressures
at the foot of the shock. The viscous calculations for this
case indicate a sizeable reverse flow region on the upper sur-
face of the wing (see Fig. 5) resulting in the significant
boundary-layer growth. Due to the thickening of the bound-
ary layer (and, hence, the displacement body), the shock
moves forward. Also, the pressure tends to plateau in the
reverse flow region behind the shock. This combined with
the forward movement of the shock brings the viscous
pressure distributions closer to the experimental data.
Although the viscous solutions are much closer to the ex-
perimental data than the inviscid solutions, the agreement is
not quite as good as that observed for the attached flow

pattern for separated flow case
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Fig. 6 _Comparison of viscous and inviscid solutions for separated
flow case (M, =0.84, a=6.06 deg).

cases investigated earlier. These results are, however, con-
sidered to be very encouraging, keeping in mind that an
algebraic ~ equilibrium turbulence model, namely, the
Baldwin-Lomax model, has been employed in these calcula-
tions. The limitations of such turbulence models in com-
puting separated flows is well known and has led to several
modifications!”!# in the past. Findings based on the relaxa-
tion model of Shang and Hankey!” will be presented in the
next section.



384 V.N. VATSA

O@® EXPERIMENT
— STANDARD TURB MODEL
~~- RELAXATION MODEL

ol | 1 | 1 |

x/c
Fig. 7 Effect of relaxation turbulence model on separated flow
case (M, =0.84, a=6.06 deg).

Effect of Turbulence Model

Based on the results presented in the previous section, it
was concluded that the basic equilibrium turbulence model
underpredicts the extent of reverse flow region and hence
results in poor agreement with data in the vicinity of shocks.
Shang and Hankey!” made similar observations while study-
ing separated flows in a compression corner and formulated
a relaxation turbulence model to resolve this dilemma. The
basic concept involved including the history effects into the
turbulence model in separated flow regions (strong interac-

tion zone) to reflect the physics of the problem more ac- -
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curately. This was accomplished by modifying the eddy
viscosity in the strong interaction zone as follows:

€= e-upstream + (éequil - e—upstream) [ 1- €Xp (- AX/)‘) ] (19)

where €ypsiream 1S the value of eddy viscosity at an initial loca-
tion where strong interaction is initiated and €., the local
value of eddy viscosity computed by using the standard
equilibrium model. In Eq. (19), Ax denotes the distance be-
tween these two locations and N the relaxation length. Shang
and Hankey!” suggested a value of 108, for the relaxation
length A, where 8, is boundary-layer thickness at the
upstream station where strong interaction is initiated. In
their investigation on the study of separated flows, Visbal
and Knight!® obtained good data correlation by employing a
value of §, for the relaxation length in conjunction with the
Baldwin-Lomax model. As conjectured by Visbal and
Knight, the relaxation length depends on the separation to
reattachment length. Thus, the larger the separation to reat-
tachment length, the larger the relaxation length and vice
versa. Using this as a starting point, it was decided to relate
the relaxation length A directly to the separation to reattach-
ment length or to the separation extent as

A=c (xreattach - xsep) (20)

where c is a constant taken to be 0.25, making the relaxation
length comparable to the one employed by Visbal and
Knight.!® It is hoped that such a formulation will be more
universal in nature, since the relaxation length is based on
the actual extent of separation rather than on the boundary-
layer properties in the upstream region. It should be men-
tioned here that the relaxation model described in Eqgs. (19)
and (20) is implemented at a given spanwise station in the
stripwise manner. Thus, separation and reattachment loca-
tions used in the relaxation model are determined by assum-

ing the flow to be locally two-dimensional. Finally, the

€upstream 10T @ given spanwise station is taken to be value of
eddy viscosity evaluated from the standard Baldwin-Lomax
turbulence model (equilibrium model) along the coordinate
line emanating from a mesh point just upstream of the
separation point.

The TLNS solutions obtained with this relaxation model
are shown in Fig. 7 along with the experimental data. The
convergence properties of the algorithm deteriorated when
this relaxation model was activated. It is believed that this
may be due to the dynamic nature of this model as im-
plemented here and work is continuing on improving its con-
vergence properties. The results presented here should
nonetheless serve as a good indication of the sensitivity of
the viscous solutions to such modifications in turbulence
models. In order to assess the effect of change in the tur-
bulence model, the solutions from the standard turbulence
model are also plotted in Fig. 7. Note that, as a consequence
of the relaxation model, the predicted shock location on the
outboard stations of the upper surface where reverse flow ex-
ists lies closer to the data and the overall agreement with the
measured pressure distribution is significantly improved. It is
thus clear that history effects must be included in the tur-
bulence model for predicting flows with embedded reverse
flow regions.

Conclusions

A finite-volume scheme for numerical integration of thin-
layer Navier-Stokes (TLNS) equations has been presented for
three-dimensional flows. The numerical procedure is based
on a four-stage Runge-Kutta time-stepping scheme. Con-
vergence to steady-state solution is enchanced through local
time stepping, enthalpy damping and implicit residual
smoothing. Further efficiency of the numerical algorithm is
achieved through vectorization of the computer code.
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Solutions have been obtained for high Reynolds number;
turbulent, viscous flow past an isolated wing for several test
conditions. A grid refinement study is conducted for esti-
mating grid requirements for accurate resolution of salient
features of the flow. The computed pressure distributions on
fine meshes employed here compared quite well with the
measured data for attached flows. For high angles of attack
with flow separation, the agreement with the data is less
satisfactory. This is attributed to the lack of upstream effects
in an. equilibrium turbulence model, such as the Baldwin-
Lomax turbulence model employed here. An attempt is made
to include upstream history in the turbulence model through
a relaxation model. Preliminary calculations using the relax-
ation model are very encouraging. Further work should con-
tinue toward improving the turbulence model for separated
flows to enhance the usefulness of the present scheme. Also,
the effect of neglecting some of the diffusion terms in the
TLNS equations should be assessed by comparing the pres-
ent solutions with the solutions to full Navier-Stokes equa-
tions, particularly for the separated flow case, where thin-
layer approximation would be most suspect.
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